Numerical and experimental study was conducted to investigate the failure mode and strength performance of stiffened composite panel repaired by bolted joints under compressive load, and the results were then compared with those from virgin stiffened composite panel without any damage. A finite element analysis model was established for repaired and virgin stiffened composite panels under compressive load, the 3D Hashin criteria was applied to identify the composite structure failure, and the secondary stress criteria was adopted to identify the adhesive failure between the base laminate and the stiffener. The failure modes of repaired stiffened composite panels were stiffened composite panels breaking off along the bolt joints. The experimental results were consistent with the finite element analysis results, indicating the reliability of the finite element analysis model.
Introduction
The application of composite material on civil aircraft indicates the advancement of design and manufacturing in aviation. With wide application of composite structures, structural damage repair technology becomes key point not only for safe operation of new generation civil aircraft, but also for sustainable market share, as in [1] . Bolted joints-repair is a frequently used method to recover original structural performance. Therefore, many researchers investigated properties Journal of Applied Mathematics and Physics and analysis methods of bolted joints-repaired composite structures under different loads in various aspects, as in [2] .
Kassapoglou investigated the stress method for interfacial analysis of composite stiffened panels, as in [3] . Zhang studied the post-buckling behavior of repaired composite panels, as in [4] . Mahdi studied the mechanical performance of repaired stiffened panel, as in [5] . Nie studied tensile performances of bolted joints-repaired composite laminates, as in [2] . Zhao studied compression performance of composite stiffened panel by bolted joints-repair, as in [6] . Chen investigated the repair technique for aircraft composite panel with discrete-source damage, as in [7] .
In this study, a 3D finite element model of stiffened composite panels under compressive load was established, and tests were performed on stiffened composite panels in virgin or repaired by bolted joints to investigate the failure mode and strength recovery ratio etc. Then the simulation results were compared with the experimental results to validate the fidelity of the finite element model.
Experiment
Rectangular composite laminates were used in the experiments. The lay-up of the stiffened composite panel is shown in Table 1 , and the test specimen size is 410 mm by 310 mm, with detailed dimension information shown in Figure 1 . A hole was machined at the center of the stiffened composite panel to simulate penetrating damage, with the holes' diameters as 12 mm and 20 mm, respectively.
The damaged stiffened composite panel was repaired by bolted joints with a metal patch of Ti-6Al-4V.
The original stiffened composite panels were prepared with X850 composite material, and the patches were prepared with Ti-6Al-4V. Then the damaged stiffened composite panel and the patch were bolted jointed with HST10 hex-drive bolt. Two types of stiffened composite panels repaired by bolted joint were prepared, numbered JX-I-1, JX-I-2, JX-I-3 with 12 mm hole, and JX-II-1, Table 1 . Lay-up of the stiffened composite panel. Table 2 , and the strength of X850 laminates are listed Table 3 .
Strain gages were lapped on specimens to detect whether the load distribution was reasonable during the loading process, and the failure loads were identified and confirmed through the strain-load curves. There were over 100 strain gages arranged on each specimen, numbered S, F, X, M, and B for the upper flange, web, lower flange, skin, and the repaired region, respectively. In addition, the strain gages with numbers outside the parentheses were located on the stiffened side of the stiffened composite panels as shown in Figure 2 . The specimens were loaded by stages, with a 1mm/min loading rate. The loading process was conducted in three stages. First, applying up to 15% of the estimated ultimate load and then the loading process was stopped to check whether the loading condition, connection of fixture with specimen and equipment, testing machine operation, strain measurement and data collection system were normal. Furthermore, specimens should not hold permanent deformation after unloading. Secondly, applying up to 15% of the estimated ultimate load on specimens again, ensuring relevant data measured was consistent with those from the first time loading and the strain value difference should be less than 10%. Thirdly, applying up to 100% of the ultimate load, the initial and final failure load as well as failure mode, and correlation data were recorded. Since specimens' compressive instability was a complex nonlinear phenomenon, there existed a convergent issue with implicit solution method (Standard) in ABAQUS. To solve this problem, explicit solution method (Explicit) was applied to do quasi-static analysis during the loading process. Moreover, to simulate compressive specimens going through buckling process, buckle method was used to identify the instability modes first, and then imperfection method was used to introduce structure initial deformation in the form of minuscule instability mode.
Finite Element Analysis
Many failure criteria were established for composite laminate, such as stress-based, strain-based and energy-based failure criteria. To calculate efficiently without losing generality, damage of the laminates contact with the fixture was not taken into account. In this study, 3D Hashin criteria was applied to identify the damage in the skin laminate, the patch, and the stiffener, and the secondary stress criteria was adopted to identify the adhesive failure between the skin laminate and the stiffener.
Results and Discussion

Failure Loads
Failure loads on specimens of repaired and virgin stiffened composite panels under compressive load were analyzed, as shown in Table 4 . The failure loads of JX-I and JX-II are slightly higher than that of SP-I, and the stiffness of JX-I and JX-II are almost the same as SP-I ( Figure 5 ). So the repaired stiffened composite panels had a high strength recovery rate and a high stiffness recovery rate. The Figure 5 . Relationship between the displacement and the load for SP-I, JX-I and JX-II.
experimental results were consistent with the finite element analysis results, despite of the failure loads of JX-I and JX-II were slight lower due to some manufacturing defects. In addition, the damage hole diameter had little effect on the failure loads in this test.
Buckling Modes
The analyzed buckling modes of SP-I were local buckling at non-stiffener region, namely skin buckling symmetrical by the central lines of the panel. A half wave emerged in the skin between the two stiffeners, and two reversed half waves emerged in the side skin ( Figure 6 ).
The analyzed buckling modes of JX-I and JX-II were the same as SP-I at non-repaired region with two reversed half waves emerged in the side skin, while the skin buckling between the two stiffeners mostly located in the repaired region. The buckling loads were in the range of 200 kN to 250 kN for all the stiffened composite panels ( Figure 6 ).
The actual load-stain curve of specimen JX-I-1 is shown in Figure 7 . With increased compressive load, the specimen began to buckle locally, and the strain became bifurcate obviously on the compressive cross of the specimens. The bifurcation points on the load-strain curves of the specimens corresponding to the buckling loads. A Moire interferometry method was introduced to detect the stiffened composite panels buckling in compressive tests. The experimental results for SP-I were the same as those from the finite element analysis. But the Journal of Applied Mathematics and Physics 
Failure Modes
The stress distribution in the skin and stiffener for all stiffened composite panels were also analyzed. Stress concentration occurred in the middle, top and bottom of the specimens for SP-I. However, stress concentration happened at the damage hole and bolt edge for JX-I and JX-II. When the compressive load increasing near to the failure load, the fiber damage of stiffened composite panels occurred and expanded rapidly leading to the global load-carrying capability decrease, and finally the failure of the stiffened composite panels.
The failure modes of stiffened composite panels were corresponding to the buckling modes, and were consistent with the stress concentration distribution.
The failure modes of SP-I were skin debonding in the middle of the stiffened composite panels as well as stiffeners breaking off when the load reached the failure loads. The failure modes of JX-I, JX-II were stiffened composite panels breaking off along the bolt joints (Figure 8 ). The experimental results were the same as the finite element analysis results, and the damage hole diameter had little effect on the failure modes in all test.
Conclusion
Experimental and numerical study indicated that the repaired stiffened composite panels had a desired recovery rate in both strength and stiffness. The buckling modes of repaired stiffened composite panels were the same as those of virgin stiffened composite panels at non-repaired region, while the skin buckling between the two stiffeners mostly located in the repaired region. The failure modes of repaired stiffened composite panels were panels breaking off along the bolt holes. The experimental results were consistent with the finite element analysis results, and the damage hole diameter had little effect on results in this study.
